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EFFECT OF DESIGN VARIABLES ON PERFORMANCE OF MACH 4.0 

HYDROGEN EXPANSION ENGINES 



c 
I 

L 

a 
I 

SUMMARY 
O h  

P&for&%ce calculations  were  made  for  hypothetical  hydrogen 
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expan- 
sion engines in which o n l y  a small part of the  engine airf low passes 
through  the  heat  exchanger.  The  prescribed  flight  path was representative 
of those  for  long-range,  high-speed  aircraft.  The  operat-  mode was set 
by assigning  the  operating  line on the  compressor  map Etnd the  values for 
primary-combustor and afterburner  temperature. 

Performance during acceleration  and  climb was improved  markedly by 
increasing  the  number of campressor  stages  from  one  to  three.  The  effect 
on cruise  performance was slight.  During  climb,  up to 57 percent  higher 
thrust  resulted  from  the  use of cmpletely variable  inlets and exits. 
For  the  engine  having  the  two-stage  compressor, increashg the initid 
cruise  altitude  from 85,000 to 105,000 feet  increased  the minimum specific 
fuel  consumption f r m  0.848 to 0.879. 

IIWRODUCIIION 

The  hydrogen  expansion  engine is one of several  powerplants  suitable 
for  manned  flight  at  high  altitude and high  flight  Mach  numbers. A rep- 
resentative  mission  might  call  for  cruise at Mach 4.0 and & target  alti- 
tude of 95,000 feet. In performing  such a mission, a hydrogen  expansion 
engine  might  be  superior  to  other  engines  because of lower  specific  fuel 
consmption and engine  specific  weight  at c r u i s e  and higher thrust margins 
during acceleration and climb. 

An evaluation of four pmerplants, fncluding  several  possible  con- 
figurations  of  the  hydrogen  expansion  engine, is presented in reference I 
for high-altitude,  high  Mach  number  missions. In this  reference  the 
hydrogen  expansion  englne and the air turborocket axe shown  to yield 
longer  all-supersonic  range than the  turbojet and turbofan  engines. 
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In order t o  determine  the htxxcehtion of the mmg engbe vsr1e;blieS 
during off-design  operation and the effect of design wriables on engine 
perfommce,  several  possible hydrogen expansion engines were iuvesti- 
gaiied at   the HACA Leuis laboratory. These eaginee dlffer frcm tho8e of 
reference 1 i n  that  the main body of engine drfh fs not reqtxhed t o  
flow thruugh a hest exchsnger. Instead, &y a U pmt of the 
canpressor-exit air is diverted t o  R fuel-rfch crmibustor whose hydrogen- 
rich products flow through a heat manger. It was hypothesized that 
a i s  configuration would result in higher eng3n.e pressure ratios and 
eslclller, lighter  heat exchengers. Off-design engine perf-ce was cm- 
puted  by sssigning the  operattng line on the ccmrpressor-msp.and the vaJ.ues 
of the  fuel-rich canbustor  temperature and the afterburner temperature. 
Ferformance calculstinns werk made for having one-, tuo-, ead 
three-stage cc~npressors. The prescribed flight p&h inclded accekra- 

* I  t i on  and. climb frm sea-level takeoff t o  Mach 4.. 0 and 70, OOO feet, and 
:.. Mach 4.0 cruise   s t&bg  a t   a l t i tules  frm 85,000 t o  105,000 feet. 

Functioning of 

Wac- the afrflov and fuel flow through a sch-tfc diagrara of the 
hydrogen expanaim  engine (fig. 1) aids in u n d e r e t m d 3 n g  how such  ax^ 

engine fuxictions. The engfne &flow, after paeeing through the Wet 
(0 t o  l), I s  campressed by a low-pressure-ratio fan (1 to  2). Most of 
the air then flare through a throttled bypass duct t o  the afterburner 
(2 t o  7a). A small mount of the  fan-exft air, hawever, enters the pri- 
mary ccmbustor (5a) sad burns f'uel-rich wlth h w n  (5h). The -1- 
rich cambustion products pass through the hot side of the heat exchanger 
( 6  t o  7 )  &nd m i x  with additional hydrogen and w i t h  the main body of by- 
passed air in the  afterburner ( 7  t o  %). Here, fFnal c d u s t i o n  occurs 
and the hot gases then expand through the ex3must nozzle to produce 
thrust. 

Driving the fan is  a a m d l  tu rbhe  with a working fluid of hydrogen 
gas. The hydrogen, star t ing  as a liqU in the -1 tsnkJ is pumped to 
a very high pressure and then used as a heat sink far varloue cooling 
requlrements. By the time the hydrogen reaches the cold side of the heat 
exchanger (3), it La a gae. . Af'ter being  heated (3 t o  4), the high- 
pressure  high-tempratme hydrogen gas fs ducted to the turbine that 
drives the fan through a &table gear. 'phe h;ydrcgen f r a a  the  turbine 
exit  is f i m i ~ y  Lnjected in to  the primary ccpnbustor ( S a )  . 

Cmponents 4 
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percent  of  the  inlet airflow w&s bled  from  the  throat  Just  inside  the 
cowl  lip  to  remove  the  boundary layer and improve  the  turning  and  veloc- 
ity  profile  at  the  shoulder.  The  inlet m assumed to  be located  under 
a wing so that  the  flow  deflection  during  cruise  would  be 0.10 radian. 
Installation  of  the M e t  under  the wing results in higher  total-pressure 
recovery and tends  to  minimize  the  effects of variations in pitch  angle. 

The  critical  inlet  performance shown in figure 2 is  for a represent- 
ative  schedule  of KFng angle  of  attack with flight Mach nmber. The 
vertical  part of the total-pressure-recary curve at Mach 4.0 (fig. 2( a)) 
results from the change Fn wing angle  of  attack in going frm M a c h  4.0 
and 70,000 feet to Mach 4.0 and the  initial  cruise  altitude. In calcu- 
lating  the  additive-drag  coefficient  (fig.  ~(e)), s m e  relief  from  fixed 
W e t  performance w&s assmed. At Mach 1.5, additive drag was  taken as 
60 percent of the fixed W e t  value.  Several  schemes  might  be  used  to 
achieve  this  additive-drag  reduction.  One of the  most prdsiDg schemes 
for  the  all-external-canpression  two-cone  inlet  is  translation  of  the 
forward  cone.  Schlieren  pictures  (unpublished) of an actual  inlet  oper- 
ating at M a c h  2.0 indicate that sepazation  occurs  behind  the  translated 
cone. Thus, it  is  probable that single-cone  performance could be  obtained 
at  transonic Msch numbers by translating  the f o m d  cone of a two-cone 
inlet. In the  present  case,  the  calculated  additive-drag  coefficient  at 
Mach 1.5 is 40 percent  less  for  the 20° cone than for  the ZOO plus 35O 
cones. 

Other  types  of  inlets also are  suitable  for 8 Mach 4.0 engine. For 
example, an external-Internal-canpression  inlet employing about 20° of 
external  turning, loo of  externaI"1ip  angle, rearwmd spike  translation 
at  transonic Mach numbers, and an efficient  bypass  system  would  give 
pressure  recoveries and additive d r a g s  similar to the values shown  in 
figure 2. 

The  inlet  performance  employed in the  calculations  (fig. 2) should 
be  obtainable with relatively simple and light-weight  inlet  designs. 

Compressor. - Performance was calculated  for  hydrogen  expansion 
engines having me-, two-, and three-st8ge  ccanpressors. The  one-stage- 
compressor  performsnce m p  is  based on the  one-stage  performance  pre- 
sented in reference 2. The two- and three-stage  canpressor maps were 
computed by stacking  stage  performance  based on the  unpublished  perform- 
ance  of a current  experimental  transonic-inlet  stage. Cmputed perfom- 
8nce  for  the  two-stage  canpressor is shown in figure 3. 

Heat  exchanger. - Heat-exchanger  performance w a s  calculated by using 
the  curves  presented in reference 3. The  unfinned,  staggered,  round-ttibe 
configuration  designated 5-2.00-1.00 was used for  each  engine. 

I . 



"Urbine. - In calculating turbine perfmmace, chdked flow .t;hrough 
the nozzles end a canstant  efficiency of 0.70 were assuned far all aper- 
sting conditians. 

Fuel-rich cambustor. - The fuel-* ratio YBB calculated f'rcpn an 
equation that equates the energy of the lncanhg alr snd hydrogen with 
the energy of the outgoing stoichimetric products and excess hydrogen. 
only mamentun losses were considered fn calculating  peesure  ratio acros~ 
the ccmbustor. The friction  losses were aesumed to be negligible. 

AFterbmer. - For a l l  operating  conditions, afterburner combustian 
efficiency WSB assurmed t o  be 0.95. MXXER-~UIYI tOtaL-preSSlxre losses in 
the afterburner were accounted for by consfdering the flaw frm the mix- 
ing station (7) t o  the  afterburner exit ( 8 )  to be characterized by coll- 
stant srea and coastsnt total marlmtunt The friction lorn YBB S B s m  to 
be equal t o  the weight-flow-averaged dgnrnnfc pressure at etation 7. 

Xxhawt nozzle. - A convergent-divergent ejector-type efiaust nozzle 
wa8 used. The throat area xa8 varfeble, wkUe the exit area was fixed. 
Exhaust-nozzle performance was calculated by m s i e p i n g  a veloci ty  coefii- 
cient of 0.975 and by ass- flow separation to occur in the divergent 
sectfon, where the local s t a t i c  pressure decreased t o  70-percent free- 
stream s ta t ic  preesure. Secondary eFr yould be requFrea t o  prcmote sep- 
aration. More aAm?low than that bled frm the inlet throat and the can- 
pressor  exit undoubtedly would be required at transonic Mach numbers, 
but this is not ccPlsidered in the analysfe. In calculating exhaust- 
nozzle performsnce for supersonic fUght, the average pressure over the 
separated flow region was appro-ted by the egmticm 

1 + $  

2 

(~ l l  Symbols are defined in appendix A.) For mibsanic flight, the 
exhaust-nozzle thrust coefficient was set equal t o  0.975. 

The fixed exhauet-nozzle-erit area YBB cslcuLated far cruise flight 
canditions with the stipulation  that  the eldt s ta t ic   peesure be 1.7 
times the embient s t a t i c  pressure. 

Performance uas calculated for the fU&t path shown in figure 4. 
Acceleratim frm Mach 0 t o  0.9 occurred at sea level; this ras folluwed 
by climb at Mach 0.9 frm sea level t o  36,089 feet. A t  the tropopause, 
acceleration WELB frm Mach 0.9 t o  2.0. Accelkatfcm and climb passed 
through Mach 3.0 and 60,000 feet  an up t o  Msdh L O  sad 70,00(3 feet. 
Climb a t  Mach 4.0 went to  the Fnitial cruise altitude of 85,000, 95, OOO, 
or  105,000 feet. 

. 

I "  
I 
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The operating mode w a s  fixed  by  assigning the values  for ccanbustor 
and afterburner  temperature end by  assigning the operating  l ine on the 
compressor map. For an actual engine, such an operating mode would re- 
quire  scheduled  control of four variables in   addi t ion   to   cont ro l  of the 
inlet forward cone: turbine fuel flow, afterburner f u e l  flow, posit ion 
of t h r o t t l e  in bypass duct, and s i ze  of  exhaust-nozzle-throat  area.  For 
all operating  conditions  (except as noted in  RESULTS AND DISCUSSION), 
combustor temperature w a s  assigned t o  be 2500° R. Dur ing  acceleration 
and c lhb ,   a f te rburner  temperature was assigned t o  be 4000° R. For c n d s e  
operation, a range of afterburner  temperatures from 3O0O0 t o  4000° R was 
considered. The compressor operating  l ine w a s  assigned with due regard 
t o  a number of considerations. Compressor w e i g h t  flow at each flight 
condition w a s  such that the inlet   operated at i t s  c r i t i c a l  flow  condi- 
tion. A second  campressor variable,  canpressor  total-pressure  ratio, w a s  
assigned t o  achieve high total-pressure  ra t io ,  good efficiency,  adequate 
surge  margin, and acceptable  mechanical speed. An additional  considera- 
t ion  affect ing the select ion of canpressor  total-pressure  ratio w a s  the  
requirement that turbine fuel flow be less than the t o t a l   f u e l  flow  re- 
quired  for the assigned  afterburner temperature. The operatwg  l ine on 
the  two-stage compressor map is shown i n  figure 3. 

Matching of Cmponents 

A detailed  description of the steps used in  matching the components 
and calculating  engine perf'ormance is  presented in appendixes B and C. 
In this section and the one following, the  component matching and the 
performance calculation are outlined. The state of the air enterFng the 
engine is  found f o r  the spec i f ied   f l igh t  M a c h  number, a l t i tude ,  and inlet. 
A Y  quant i t ies  relating t o   t h e  compressor me set by the assigned com- 
pressor  operating  point. A rather long i t e r a t i o n   c m e n c e s  when a trial 
value of turbine-inlet  temperature is set. Fram this point on, all 
values  are  tempormy until the  i terat ion  loop is closed. Next, the  
parameters  related  to the hydrogen turbine are calculated; this includes 
the fuel flow through the turbine and i t s  pressure and temperature on 
entering the fuel-r ich combustor. 

The assigned  cabustor temperature permits the quant i ty  and state of 
the fuel-rich canbustion  products  entering the hot  side of the heat ex- 
changer t o  be calculated. F'rm the  performance curves of the heat ex- 
changer, a value of turbine-inlet  temperature  (heat-exchanger  cold-side 
exit  temperature) can be calculated. If' the  calculated  value  does  not 
equal the trial value,   the  i teration is repeated until the two values do 
agree. 

- 1  

The pressure of the  fuel-rich gas at the m i x i n g  s t a t i o n  results from 
calculating the total-pressure  ratios  across  the  cmbustor and the hot 
side of the  heat exchanger. The required  total   pressure of the bypassed 



6 . . 
air downstream of the bypass throt t le  is cslcuLerted frcm the ca2lditicm 
that the  s ta t ic  pressllres of the two streepns at the mLxlng station are s -  
the smne. AppHIximat ing  the flow f r c n n  the mix ing  station to the &ter- 
burner exi t  by a constant-area c o n 8 t s n t - t o t a l - ~ t . m  process permits 
the total pressure at the exhaust-nozzle blet to be calculated. The 
fulel-adr ra t io  and the   total  temperature of the gas at the exhaust-nozzle 
are  calculated frm the assipped values of afterburner temperature end 
efficiency.  Sonic  velocity at  the  throat, weight flaw, and state  of the 
gas entering the exhaust nozzle pezrmit the caLculation of the erhaust- 
nozzle-throat area, t- e! 

The cmponent match- cslculations yielded tbe folloving quantities 
needed t o  calculate engine performsnce: inlet  welght flaw, caupressor- 
exit-bleed weight flow, exit  weight flow, total fuel m, eldLaust- 
nozzle-throat  mea,  exhaust-nozzle  pressure ratio, cpld eaqressar-exft  .. 
t o t s l  temperature and t o t a l  pessure. The ideal Je t  velocity vas c a l m -  
lated frcm the gas proprtiea at the nozzle W e t  and frm ambient m e -  
a m .  The contribution t o  thruet Frcaa the ccmprreesor-erit-bleed 8 I r  yss 
calculated frcan the s ta te  of the air at   the  cmpresear exit. InLet, 
nacelle, and exhaust-nozzle gerfonnance curves yleldea the coefficients 
to cmplete  tbe c d c u t i o n  of the engine perioTmance wemeters cp~o2 
and sfc. 

.. 

The design  cansttints employed in the CslcULatians for the hyllrogen 
expansion w e e  having me-, "O-, and three-stage campressors &re 
l i s ted  in tsble I. Because the trende calculated for the off-design 
operation of each engine are simila;r, only the engine having the two- 
stage c ~ s s o r  fs discussed h~ the fallawing sectim. 

For the assigned flight pith (flg. 4) snd the assignea operata 
l ine  on the two-stage canpressor msp (fig. 31, ccmpreesar &enid 
speed varies dth flight Mach nmber as ahown In figure 5. Xtrdmum ape& 
occurs at Mach 0.9 and sea level, where a VF&UB 8 percent higzler than for 
tskeoff occurs. For a super alloy  steel, the flrmiting carnpresenr stress 
condition, hawever, I s  at Mach 4.0 cruise, ere speed is 87.5 percent of 
the  t6keoff value and stagnation-sir tesnperatUre is 16670 E 

9 

Maximum fen power far %he assigned flight path OCCU~E at Mach 0.9 
8nd sea level (fig. 6). By adjusthtg the - 
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gear  weight  could  be  realized. For example,  the  campressor  power at Mach 

A gear-box  weight  savings of the  same order,  then, would result by start- 
ing  climb  at Mach 0.5 and specifying an altitude of 39,000 feet  at Mach 
2.0 instead of 36,000 feet. 

L 0.5 and sea  level is 33 percent  less than that at M a c h  0.9 and sea level. 

Fuel-flow  requirements  are  shown  in  figure 7. The  solid-line  curve 
represents  the  total  fuel flow required to achfeve an afterburner  tem- 
perature of 4000° €3. The  dashed-line curve is  the fuel flow through the 
turbine  ccmpatible with a primary-cabustor temper&ture of 2500° R. At 
same  flight  conditions,  for emple, Mach 0.9 at sea  level and Mach 4.0 
at 70,000 feet, turbine Are1 flow is  seen to exceed  the  total  fuel flow. 
One way of alleviating  this  unacceptable  operating  condition is to raise 
the  canbustor  temperature. In this case,  acceptable  turbine fuel flows 
result  when  combustar  temperature  is  raised to 3O0O0 R. Canpraises of 
this  nature a n  tempered by possible  engine-weight  penalties. 

Turbine-inlet  temperature  varies between 1200° and 1820° R (fig. 8). 
The  variation shown is for a  combustor  temperature of 2500° R except for 
M a c h  0.9 at sea  level and for Mach 4.0 at 70,000 feet and cruise,  where - a 3000' R ccmbustor tempratme was specified to limit  turbine fuel flow. 
E it  is  deemed desirable to lower  the -um turbine-inlet  temperature, 
this can be done  (still maintainhg acceptable  turbine fuel flow) by 
lawering both the cmbustor temperature and the  canpressor  pressure ratio. 
Along with  decreased  compressor  pressure  ratio,  however, would go lower 
thrust and higher specific fuel consumption. 

Turbine  equivalent speed was found to  vary between 79 and 107 percent 
of the  sea-level  takeoff value. This  variation In equivalent  speed along 
with  the  variation in turbine  total-pressure  ratio (fig. 8) indicates 
that  turbine  operation  approaching the limiting loading condition would 
not  be  encountered.  Turbine-inlet  pressure  varies as shown Fn figure 9. 

The maximum total-pressure  loss in the primsry combustor  is 3.3 per- 
cent. Cunbustor  frontal &re& is 0.6 fan frontal area  (table I>, so that 
canbustor-Wet M a c h  nrrmbers range f r a n  0.02 to 0.06. 

Through the  hot  side of the  heat  exchanger, mn.w.lmm total-pressure 
loss is 5.8 percent.  Inlet Mach numbers  range f r a a n  0.04 to 0.19. To 
achieve  these low Mach numbers, a heat-exchanger  hot-side free-flow area 
of 0.73 fan frontal  are8 I s  required. For the  selected  core  configura- 
tion, this  requires  a  heat-exchanger  frontal area of 1.77 fan frontal 
area. 

The  losses in the cmbustor and the hot  side of the  heat  exchanger 

- as shown  in figure 10. This loss miation is  consistent with the  con- 
- necessitate  a  total-pressure loss across the  throttle  in  the  bypass  duct, 

stant  static-pressure m i x i n g  of the bypassed air and the  fuel-rich gas 
from the  heat  exchanger. 



8 RACA RM E m 8  . 
The total-pressure ratio f r o m  the exhaust-nozzle Lrikt t o  the fsn 

e x i t   m i e s  between 0.99 at cruise 8nd 0.90 a t  Mach 0.9 and Bea level - r  

(fig. ll) . This varfatian is for en aE%erbumer area of 4.06 t h e e  the 
fan frontal  m a  snd a flaw far the fuel-rfch gases at the d x h g  
station of l.46 times the fan frontal mea. 

The total-pressure  lossee in  the engine are dependent on the size of 
the  afterburner and the flow meas at the xttixbg statim allotted to the 
sir and fuel-rich gss streams. Their  effect an the  exhaust-nozzle-inlet * 
t o  fan-exit  total-pessure ratio is sham in figure 12 for sea-level c 
takeoff  operatian. For a one "q" (dynamic head) f r ic t ion Loss, the flow- P 
area  division has little effect on the  total-pressure ratio. As the 
afterburner fiantd mea  increases fropn 2 t o  4 times the fan frontal 
area,  the  tot6J"pressure ratio increases A-rmt 0.875 t o  0.924. For a two 
"q" f r ic t ion Loss, the  flow-area divtsion does have an effect on the 
total-pressure ratio. At an afterburner frontal area eqW t o  2.13 times 
the fan fYontal area, the  total-pressure  ratio increases from 0.830 t o  
0.868 as the flaw ma, aYot t ed  to  the bypass stremu increases frcm 0.67 - 
t o  1.40 t h e s  the fan frontal  ea. A bypass flow ares less  thsn 0.61 
times the fan frontal area is impsgctical aizlce it would require E total" 
pressure r i s e  Fn the bypass duct. The t- shown in figure 12 for wach 
0 and sea  level w e e  at the other f w t  conditions. As noted in ffg- 
ure Kt., the largest pressure  lossee occur during subsonic sea-level 
operat fan. 

.-. 

z 

Engine Performance 

Acceleration and climb. - The effect of camprressor pressure ra t io  an 
engine performance durw acceleration 8nd is shown in figure 33. 
A t  the lower fl-t M a c h  znrmbers, thrust fncreases zmrkedly with cm- 
pressor  pressure ratio (fig. l3( a)) At sea-level -off, thrust in- 
creases 70 percent in go- fra a one-st- t o  a three-stage ccmpressor. 
The improvement is 37 percent a t  Mach 1.5, &ere thrust margins might be 
quite low. The effect of ccmpessor pressure ratio 011 w e  thrust de- 
creases as flight Madh nmiber increases. At Mach 4.0, thrust of the 
three  engines i s  the same (fig. l3(b)). The favorable effect of caqwea- 
s o r  pressure  ratio an specific ~ z e l  cansrrmptian (fig. B( c )  ) is similsr 
t o  the  effect on thrust. 

Also plotted i n  figures l3( a),  (b) , and (c) is the performence of a 
hydrogen-fueled turbojet engine having a m e - s t a g e  caxpreseor. Flight 
path, afterburner temperature, inlet performance, and tlmaust-nozzle 
perfonnance are the same as for the hydro- elrgansian epglnes. All 
during acceleration and cUmb, the performsnce of the h-en erpansion 
engines is  seen t o  be superior. k 

I . 
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In figure U(d)  i s  plotted  the thrust of 

bojet engine uith the  three-stage  cmpressor. 
factors  other than thrust must be considered, 

. engine with the two-stage cmpressor  relative 
the hydrogen expansion 
t o  the thrust of the tur- 
For a cmplete  cmparison, 

such 8s engine weight, con- 
t r o l  complexity, and engtne developent. These considerations  are  outside 
the scope of the analysis, but it seems probable that the  turbojet engine 
would  be lighter,  less complex, and easier  to develop. 

Figure 14 shows the improvement Fn performance during acceleration 
and climb that  results from using a campletely variable  inlet and exhaust 
nozzle. Use of the completely variable  inlet reduces the maximum-addftive- 
drag  coefficient f r o m  0.320 t o  0.076. The canpletely  variable exhaust 
nozzle results in a nozzle thrust coefficient of 0.975 for  all operating 
conditions. Improvement is sham for  the hydrogen expansion engine u i t h  
the two-stage  canpressor and for  the  turbojet engine w i t h  the  three-stage 
compressor. Maximum improvement, which occurs at M a c h  1.6, is 57 percent 
f o r  the hydrogen expansion  engine and 79 percent f o r  the  turbojet engine. 
In the  transonic  region, then,  use of completely variable cmponents 

performance. A t  Mach 1.6, for  example, the thrust r a t i o  would decrease 

would also decrease the performance differences between the two engine 
types. Use of a c q l e t e l y   m i a b l e   W e t  snd exhaust  nozzle would re- 
sult in additional  control  cmplexity and large weight penalties  to off- 
set the improved performance. 

z -  
CL! would decrease  the  difference between the hydrogen expansion and turbojet 

- frm 1.34 t o  1.18. Any improvement in inlet and exhaust-nozzle  technology - 

Cruise. - Cruise performance of the  three hydrogen expansion  englnes 
is very similar (figs.  15(a),  (b), and (c) ). Thrust at  cruise  increases 
w i t h  increasing  afterburner temperature and decreasing altitude. The 
lower ambient tempratwe (lower flight velocity) a t  the lower altitudes 
accounts f o r  the  higher thrust and also for the lower specific  fuel con- 
sumption. A t  a given altitude,  specific fuel consmption sfc tends t o  
mhimize at a particular due of afterburner temperature. This occurs 
because s f c   w i e s   d i r e c t l y  with fuel-air r a t i o  and inversely with j e t  
velocity,  both of which increase w i t h  afterburner temperature. Minimum 
sfc fo r  the  three hydrogen expansion enghes occurs at 85,000 fee t  and 
ranges from 0.840 t o  0.848. For the hydrogen expansion engine with the 
two-stage cmpessor,  min imum sfc  increases f r o m  0.848 ak 85,000 feet  
t o  0.879 at 105,000 feet. 

The minjmrIm s fc  values f o r  the hydrogen expansion engines  (figs. 
15 (a), (b) , and (c) ) is  about 6 percent lower than that for the  turbo  jet 
engine (fig. 15(d)). The difference i s  due t o  the higher engine t o t a l -  
pressure r a t i o  of the hydrogen expansion engine. 

L Use of a canpletely  variable  inlet and exhaust  nozzle  has no effect 

1 
on the  cruise performance of the hydrogen expansion and turbojet engines 
because all inlets  and exhaust  nozzles were designed for  the  cruise con- . dition; this is  reasonable for engines t o  be used for long-range  missions. 
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Des- canpressor  pressure ra t io  has a marked effect on climb per- 
formance but only a slight effect on cruise specific fuel conslmrptlaa 
For a given application,  selection of deslgn campressor preesure ra t io  
would depend mainly on the canprcanise involving thrust margins available 
during acceleration and climl, and engine specflic weight at cruise. 

Climb performsnce 1s Improved considerably by the use of variable 
inlets and exits. A t  Mach 1.6, thrust increased 57 percent when a can- 
pletely  variable  inlet and exit were used for the hydrogen expansion 
engine having a two-stage carpresear .  

The increase in cruise  specffic fuel canarrmption with initial cruise 
altitude is exemplified by a mFnimtmr-specific-fnzl-ccms~ptlcm increase 
f rcan  0.898 at 85,000 feet  t o  0.879 at 105,OOO feet  for the engine with 
the two-stage canpressor. 

M e  Flight Propulsion  Laboratory 
National Ad~Lsory CcPlanittee for A e r o n & ~ I c s  

Cleveland, Ohio, May 12, 1958 
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SYMBOLS 
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A 

a 

b 

cp 
C f  

cfr  
C P 

%l 

f 

Q 

H 

H 
- 

h 

hS 

J 

K 

mea, sq f t  

speed  of sound, f t / s ec  

r a t i o  of bleed airflow t o  compressor-inlet  airflow 

coefficient 

drag coefficient based on cmpressor  area 

Wet-additive-drag  coefficient based on nacel le- l ip   mea 

bleed-drag  coefficient  based on nacelle-l ip area 

cowl-pressure-drag coefficient based on nacelle-l ip  area 

nacel le-fr ic t ion and pressure-drag  coefficient baaed on 
nacel le- l ip  area 

thrust coefficient based on cmpressor  area 

exhaust-nozzle thrust coefficient 

f r ic t ion   coef f ic ien t  based on surface  mea 

specific  heat at canstant  pressure, Btu/( Ib) (9) 

hydraulic  diameter, f t  

fuel-& r a t i o  

acceleration due t o  gravity,   f t /secz 

total enthalpy,  Btu/lb 

fuel heating  value,  Btu/lb 

heat-transfer  coefficient,  (Btu/sec)/( sq ft) (%) 

static  enthalpy, B t u / l b  

mechanical  equivalent of heat, 778.2 ft-lb/Btu 

constant 
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k 

M 

N 

NTU 

P 

Pr 

P 

9 

QO 
R 

Re 

S 

st 
sf c 

T 

t 

U 

v 
W 

Y 

Z 

r 
6 

thermal c d u c t i v i t y ,  (Btu/hr) /(ft) (9) 

Mach nwnber 

rotational speed, r p a  

nunber of transfer uni ts  (eq. (B27) ) 

t o t a l  pressure,  lb/sq ft 

Prandtl number 

s t a t i c  pressure, Ib/sq f t  

heat-transfer  rate, Btu/sec 

free-stream dgnamfc pressure, lb/sq f t  

gaS CO1IStBZlt, f t /% 

Reynolds nwnber 

surface area, eq ft 

Stanton number 

c . 

specific fuel cnnsmption, lb fuel/(hr) (lb thruet) 

total temperature, OR 

s t a t i c  temperature, OR 

over -d l  heat-transfer  coefficient,  (Btu/sec)/( sq ft) (”P) 

velocity,  ft/sec 

weight flow, lb/sec 

Rznction of r snd M (eq. (€332)) 

fmction of T & M (eq. (B33)) 

ratio of specific  hests 

ra t io  of t o t a l  pressure t o  HACA standard. sea-level pree- 
h 

sure Of 2U6 lb/Sq ft L 
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Subscripts: 

AB 

a 

av 

b 

C 

C a l  

cz 

a 
f 

fZ 

fr 

i n  

i d  

2 

heat-exchanger  effectiveness  (eqs. (B26) and (B29)) 

eff ic iency 

r a t i o  of t o t a l  temperature t o  IWCA standard sea-level 
temperature of 518.7O R 

absolute viscosity, Ib/ (ft) (h r )  

gas density,  slugs/cu f t  

J$ dT, Btu/(lb) (%) 

(h - ha) -, l + f  Btu/lb 
f 

afterburner 

air 

average 

bleed 

ccmpressor 

calculated 

cooling 

design 

f u e l  

flow 

f r i c t i o n  

M e t  

ideal 

lip 

maximum 
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m i n  

SZ 

s t  

T 

t 

tr 

0 

1,2, . 0 . 10 

m-lnimrrm 

888  level 

stoichianetr ic  

turbine 

total 

trial 

free stream 

engine stations (fig. 1) 

4 
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For the  assigned  altitude,  values of ao, to, and po were read 
f r m   t h e  ICAO standard atmosphere tables. The value of TI = To w a s  
read f r m  the  charts of reference 4 a f t e r  % was calculated from 

Inlet   to ta l   pressure P1 w a s  calculated from 

. and 

irhere values of cp were read frcan the charts of reference 4, and PJP0 
xas read from figure 2. 

Conpressor  parameters were calculated Frm the  assigned compressor 
operating  point and the  following  equations: 

. 
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Throughout the  remxhder of the  calculation, values of cp and other 
pa;r=eters  that depend on gas composition and temperature yere =ad fr- r m  

the tables of reference 5 o r  the  curves of reference 6. 

where P5, the turbine-outlet  total pressure, is aesigned t o  be twice 
Pz, the  cmpressor-outlet total messure. This WEIS done t o  assum proper 
injection of the hydrogen gas into the primary combustor. V a l u e s  of tur- - 
bine f'uel flov and total-pressure ratio vere calculated f r m  

and 

Y 

- 4  

f6 

W 
wa,6 - 

W6 = w4 + w ~ , 6  . 
The value of E, the  heat- value of hydrogen, in equation (B12) is 
60,194 Btu per pound. F 

- 

h a 
I- 

- 

- 
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In calculating  heat-exchanger  performance, gas properties  are evalu- 
- *  ated  for  average  temperatures.  The  average  cold-side  tempereture is 

where Tg was  assigned to be 3OO0 R for all operating  conditions, to 
account  for using the  fuel as a heat  sink  for  various  cooling  duties. 

Q aJ * 

where 

Average  hot-side  temperature is 

T6-7 = T6 -9 
6 p,6-7 2w c 

Because  cp, 6-7 in equation (B16) is a function of T6-7, a sfmple  itera- 
tion  is  required.  The  value of cp,6-7  (as w e l l  as the  values of p6-7 
and to be  used  later)  were  read f r m  curves  presented in 
reference 6. 

The  hot-side  heat-transfer  coefficient w a s  calculated  from 

- w6cp, 6-7 6-7 
h6-7 - 

*fZ, 6-7 

where  (St- 2/31 6-7 was read  fraa  the  appropriate  curve  in  reference 3 
for  the  hot-side  Reynolds  number 

Values  for %,em7 and Aft,6-7 are  tabulated in reference 3 for nu- 
merous  heat-exchanger  configurations.  The  values  used in the  calculation 
are  listed in table I. 

. 

The  cold-side  heat-transfer  Coefficient was calculated frm 
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which is derived f r a n  the  heat-tran8fer  equaticm for flow through tubes, 

St = 0.023 (Re) -Oo2 (a) -2/3 
(B21) 

the approximate  relation for viscosity of hylrogen, 

p = 0.0909 T 0.666 

and the  approximations for hydrogen gas, 

cp = 3.5 (B23 1 

Pr = 0.74 (B24) 

The over-all  heat-transfer  coefficient YBB calculated f r a n  

U =  1.0 

& +  
1 05251 
s3-4 

h3-4 s 6- 7 

in whfch the  resistance across the t m e  wall fs neglected  because it Le 
small, canpared with the film resistances. 

Heat-exchsnger  effectiveness was read f r a n  curves representing the 
following equation for counterflow  heat  exchangers (cf.  ref. 3) 

The v d u e s  of (wcp)h and (wcP)- are the  appropriate v a l ~ e s  of 
"6'p, 6-7 or w4cp, 3 - 4 r  while the amber of transferred units is 

. 
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where 

The  steps  involving  equations (B9) through (B23) w e  repeated  until 
T4,cal '4, tr' 

(B25) 

The  total-pressure r a t i o  across the primary  combustor w a s  calculated 
from  momentum  considerations;  friction  effects  were  neglected.  The no- 
mentum  equation  for m unobstructed  combustor of uniform cross-sectional 
area 

'6 

2 Y6 - 1 
'6 (1 + YSaMSa 1 2 

2 i*i6 
- =  
P5a r5a 

Y 5 a - l  

and the  continuity  equation 

were solved graphically w i t h  the  add of plots of Y and Z against M 
for constant y where 

and 

(1 + .2)'-, 
z =  

1 + w2 
. 



Subs t i t u thg  (B32) and (B33) i n t o  (B30) and (B31) gives 

Q 
P :  

The  Mach  number enterlng the pr-y cmkustor MSa waa read frm the 
tables of reference 7 for  calculated values of r5a and 

The value of combustor flow mea  A5a i s  a design constant for  each 1 

engine (cf .  table I). 
- 

In  calculating  total-pressure  ratio across the hot side of the  heat 
exchanger, the   effects  of' f r i c t ion  md cooling were separated. The 
total-pressure  ra t io  due t o   f r i c t i o n  was calculated. f r m  

-'6 

where 'fr, 6-7 was r e d  frm the  approyriate curve in reference 3 for 
the  hot-side Reynolds number Regm7 (cf. eq. (B19)). e w a s  found the 
same m m e r  as M5a. 

The total-pressure  ra t io  due t o  cz~oling (P7/Ps)cz w a s  calculated 
i n  the same manner as the   total-pressure  ra t io  &cross the combustor. 
The i n l e t  Mach  number for  the  cooling CEtlculation ma canputed f r c m n  

M6 
M* = ofr 

The total   pressure darnstream of the bypass-duct th ro t t le ,  P7- wae 
calculated frm the condition of canstant  static  pressure where the flm 
of air and fuel-rich  products mlx. S t a t i c  Fessure at the D Y D ~  s ta t fon 

b 

was calculated f rm 
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-r7 

where "7 w a s  fomd i n  the same m a n n e r  as Msa. A t  the  mixing stat ion,  
t h e  flow  areas  assigned t o  the afr end the  fuel-rich  products are design 
constants  for each  engine  (cf.  table I). The stat ic- to- total-pressure 
r a t i o  ( P / P ) ~ ~  was read f r o m  the  tables  of reference 8 for  the  calculated 
values of y7a and the  static-pressure  parameter 

P7a %a 

In order to   f ind   the   to ta l   p ressure  at the  exhaust-nozzle  inlet Pa, 
t h e  flow from the mixFng s t a t ion  through t h e  a f t e r b - m e r   t o  the exhaust- 
nozzle  inlet  w a s  approximated by a constant-area,  constant-total-mmentum 
process.  Friction loss  was assumed t o  be e q d   t o  the  weight-flow- 
averaged dynamic pressure   a t   s ta t ion  7. The t o t a l  manentum at s t a t ion  
8 jras calculated from 

The total-momentun p a m e t e r  at 7a was read from the tables of re fer -  
ence 8 for  the  Calculated  values of y7a and (p/P) 7a. Before  the t o t a l -  
momentum parameter at 7 could be read f r m   t h e  tables of reference 8, 
the  value  of (p/P) w a s  read frm the  tables  of reference 7 for the  
known velue of M7, The values of We, Rg and r8 needed to   cmpu te  
the total-momentum parmeter  could  not be calculated  unt i l  the fue l - a i r  
r a t i o  e.t s t a t ion  8 was calculated frcm 

. 



The value of total-pressure parmeter at stgtian 9 is red f ' r a n  t h e  
tables of reference 8 far the ccPaputed values of r, end t h e  total- 
manenturn paremeter  at 8. Total pressure at the  exhaust-nozzle inlet IS 

b 

. 

The exhaust-nozzle-throat area for each operating poht xaa ccanputed e 
f r o m  

P 
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APPENDIX c 

CALCULATION OF PERFORMPLNCE 

At  each  flight  condftion  the  thrust  parameter C?&‘ and the 
specific  fuel  consumptfon  sfc  were  calculated frm 

C A 2  = ( C l O  - cg - MO2 (c1) 

and 

3600 f8Wl (1 - b) 
sfc = 

C F W C  

The  coefficient Cl0 is defined by 

The  ideal  jet  velocity  is  calculated fram 

‘10, id = &gJ(H8 - h s, 0) 

where  values of E8 and hSl0 e r e  found frm the knm values of T8, 
f8, R8, and F8/po and fram the tables of reference 5. The nozzle 
thrust  coefficient Cf was read frm exhaust-nozzle  performance  curves 
for the known values of P8/po, %, and AldA9.  The  jet  velocity of 
the bleed air was calculated fram 

where 
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The  critical  pressure ra t io  is fncluded in equation (C6) t o  account for 
a l l  losses  incurred in obtaining  thrust f r a n  the bleed air. The coefii- - .  
cient Co is defhed by 

- 

The  total-drag  coefflcient is defined by 

% 
'D = A, (%,a + %,b ' %,c -t %,n) 

The  additive-,  bleed-, and cowl-pressure-drag coefficients were read 
frm the  inlet  performance  curves  (fig. 2), while the nacelle-drag  coeffi- 
cient was'read frm curves  based on the  pressure-drag  coefficients of 
slender  conical  bodies (ref. 9) and the  equation for turbulent-skin- 
friction coefficient. " 
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Design constants 

Cmpressor  total-pressure F a t l o  at 
sea-level takeoff 

Fraction of canpressor a i r f l o w  
bled  to  cool  afterburner, b 

Heat-exchanger surface (ref. 3) 

Hydraulic  diameter of hot  side, 
%, 6-7' 

*f 1 , 6-7' 

f t  

Free-flow area of hot  side, 
sq f t  

Hydraulic diameter of cold side, 

Free-flow mea of cold side, 
Dh, 3-4, ft 

Afz,3-4? ft 
Heat-transfer  surface area of hot 

side,  Sgm7, sq f t  

Cold-side t o  hot-sfde surface mea 
ratio, s3,4/s&.7 

Primary-cambustor flow area, A,=a, 

Flow area f o r  fuel-rich products 
at m h i n g  station, AT, sq f t  

Flow mea for  bypassed air at 
mfxfng station, ATa, sq f t  

Flow area of afterburner, As, sq 
f t  

Cmpressor frontal  area, sq f t  
Inlet-lfp area, A2, sq ft 
Exhaust-nozzle-exit area, AlO, 

Nacelle-length t o  exit-diameter 

Cmpressor  equivalent  specific 

sq f t  

sq ft 

ra t io  

T h b e r  of cmpressor stages 

1 

1.455 

.07 

0001185 
i-2.00 
-1.00 

. a 2 7  

- 5552 

.a291 

.009224 

14.91 

.931 

.348 

, .47 

3.175 

3.643 
1.00 
2.266 

5.186 

1.983 

32.52 

2 

1.830 

.07 

000272 
L2.00 
-1.00 

0327 

.73E 

.0291 

01535 

22.22 

931 

.m 

1.46 

.. 2.60 

4.06 
1.00 
2.266 

5.177 

1.985 

32.52 

3 

2.315 

07 

.000300 
5-2.00 
-1.00 

.0327 

.7161 

-0291 

.00621 

25.23 

.931 

.600 

1.10 

2.50 

3.60 
1.00 
2.266 

5.263 

1,969 

32.52 
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1.0 

. 0  

. 4  

15 

HACA RM E!XD28 

(a) Recovery. 

Flight Mach nunber, % 
(b) Flow. 

Figure 2. - Inlet performance. 
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.. 

, 

. 

(dl Cowl drag. 

0 1 2 3 
Flight  Mach number, 

(e) Additive drag. 
Figure 2. - Concluded. Inlet  performance. 
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0; 1. 
al 
m 

8 
Frr 

t. NACA RM X58D28 

0 1 2 3 4 
Flight Mach nrrmber, % 

Figure 5. - Mechanical-speed varlstfan of two-stage 
fan for assfgned operating schedule. Initial 
cruise altitude, 85,000 feet. 

. 
c 

0 1 2 3 
Flight Mach nuuber, pb 

Ffgure 6. - Power variation of two-stage fan for 
assigned operating schedule. Initlsl cruise 
altitude, 85,000 feet. 
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1.2 

tt I I I t I 

0 Turbine fuel  flow for  
cmbus tor  tempera- 
ture of 3000° R 

To ta l  flow - - - - Turbine flow 

Flight Mach nmber, % 

Figure 7. - Fuel-flow requirements f o r  assigned 
operating schedule. EngFne with  two-stage com- 
pressor; combustor temperature, 2500° R; after- 
burner  temperature, 4ooOo R. 
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Flight  Mach nunber, % 
Figure 8. - Turbine-Met-tenrperature and total- 
pressure-ratio vmiations for assigned 0peratI.q 
schedule. Engine wfth twu-stage ccmpressor; 
i n i t i a l  cruise at 85,000-foot altitrrde and 3500' R 
afterburner temperature, 
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35 

0 1 2 3 4 
Plight Mach number, % 

Figure 9. - TurbFne-inlet-pressure  variation for 
assigned  operating schedule. Engine  with  two- 
stage  compressor;  initial  cruise at 85,000-foot 
altitude d 3500O R afterburner  temperature. 
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Pl ight  Mach number, % 
Figure 10. - Required total-preseure lose  Fn bypaas 

duct for assigned operating schedule. Engine with 
two-stage ccanpressar; initial cruise at 85,000- 
foot altitude and 3500° R afterburner temperature. 
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37 

0 1 2 3 
Flight Mach nmber, 130 

4 

Figure ll. - Total-pressure  Losses f r o m  fan e a t  
to exhaust-nozzle inlet for assigued  operating 
schedule. Engine w i t h  two-stage  compressor; 
i n i t i a l  c r u i s e  at 85,000-foot altitude and 
3500° R afterburner temperature. 
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Flight Mach nmber, % 
(a) Thrust variation from Mach 0 t o  2.0. 

Figure 15. - Engine  performance during acceleration and climb. - I- 
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W 

2.0 2.5 3.0 3.5 4.0 
Flight Mach number, 

(b) Thrust variation frm WBCh 2 to 4. 

Figure U. - C o n t i n u e d .  Engine performance during 
acceleration and climb. 
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Bumber of 
ccmpreseor 

" 

U 
51 

fi 
.I 

0 
0-r 
m 

2.2 

2.0 

1.8 

1.6 

1.4 

1.2 

1.0 

0 1 2 3 4 
Flight Mach nmber, I$, 

(c) Specific-Arel-conemption variation. 

Figure 13. - Continued. Engine performance awing 
acceleration and climb. 
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1.6 

1.0 
0 1 2 3 4 

Flight Mach nunber, % 
(a) Relative performance of hgdrogen expaneion 
engine with two-stage ccmpresscrr snd turbojet 
englne xith three-stage canpressor. 

Figure L3. - Concluded. Engine performence during 
acceleration and climb. 
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t I I I I I I 
Hydrogen expansion  engine 
with  two-stage  compressor 

stage  campressor 
"" Turbojet  engine  with three- 

0 1 2 3 4 
Flight Mach number, % 

Figure 14. - Improvement fn performance during 
acceleration and climb by using  variable  inlet 
and exhaust  nozzle. 
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(a) Hydrogen expaneion engine w i t h  Wee-stage canpressor. 

d 

8 

rl (b) Hydrogen expansion englne with two-stage ccanpressor. 

(c) Hydrogen expansion engine Kith o n e - B t ' € g e  cadpressor. 

Figure 15. - Effect of afterburner tempe'rature and altitude on 
cruise perfomatme at Mach 4.0. 
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I 

W . 

1.4 

1.3 

1.2 

1.1 

1.0 

.9 

20 30 40 50 60 
Thrust parameter, c-& 

(d) Turbojet engine  with three-stage campressor. 

Figure 15. - Concluded. Effect of afterburner  temperature 
and  altitude on cruise  performance at Mach 4.0. 

NACA - Langley Flsld, VJ. 




